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TECHNICAL PUBLICATION 


SIMPLIFICATION OF FATIGUE TEST REQUIREMENTS FOR DAMAGE TOLERANCE 
OF COMPOSITE INTERSTAGE LAUNCH VEHICLE HARDWARE 

1. INTRODUCTION 


One of the fracture control requirements for composite hardware on manned launch vehi- 
cles is that damage will not propagate and result in failure. MSFC-RQMT-3479, Fracture Control 
Requirements for Composite and Bonded Vehicle and Payload Structures, requires coupon level 
curves to be generated for (a) residual compression strength as a function of damage size for a mul- 
tiple number of load cycles, (b) life curves for multiple damage sizes, and (c) threshold compression 
strain for multiple damage sizes. 1 Examples of these three types of curves are shown in figure 1 . 




(a) Residual Strength Curves (b) Life Curves 



(c) Threshold Strain Curves 


Figure 1. Damage tolerant coupon test schematics. 1 


Figure 1(a) is based on the assumption that fatigue loading will decrease the residual com- 
pression strength of a composite laminate for a given damage size. For example, the upper curve may 
represent the static case most often published in literature. The curves below that are plots of com- 
pression strength versus damage size after the specimens have been fatigue loaded and are assumed 
to be lower than the static case (i.e., it is assumed fatigue will be detrimental to the compression 
strength of a laminate with a flaw). 

Figure 1(b) illustrates the typical stress versus number of cycles to failure (S-N) curve found 
in the literature for metallic materials in tension. These curves are based on the assumption that, as 
the cyclic compressive load increases, the number of cycles to failure will decrease and the degrada- 
tion rate is the same regardless of damage size. 

Figure 1(c) determines the compressive strain level at which damage will not grow after 
1 million cycles. The value of 1 million is arbitrarily chosen as runout, after which the component 
is expected to be retired from service. This figure assumes a very long lifetime of the part (1 mil- 
lion cycles at a significant strain). Furthermore, this figure assumes that damage will grow and that 
growth can be measured with some sort of nondestructive technique before catastrophic failure. 

To generate these curves, a large number of specimens needs to be tested under fatigue, which 
is time consuming. Since composite laminates behave differently in fatigue than metallic structures, 
it is worth noting the differences to examine if the construction of these curves can be simplified, 
thus reducing testing time and costs. In addition, specifics related to launch vehicles (as opposed to 
aircraft) will be noted so that they can be used to further simplify obtaining the necessary informa- 
tion to design a damage-tolerant launch vehicle structure. 
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2. BACKGROUND 


The effects of cyclic loading on the structure’s material and the life cycle of the structure must 
be taken into account when the structure is being assessed for fatigue. Due to shorter operational 
times, expendable rocket components will experience fewer cyclic loads than fixed wing aircraft com- 
ponents, and fixed wing aircraft will experience fewer cycles than rotating hardware on rotorcraft. 
This will determine when runout is considered to have occurred and will be discussed more in sec- 
tion 2.2. The next section presents a review of the compressive cyclic loading aspects from past stud- 
ies in the open literature and what may be expected in this Technical Publication (TP). 

Since the terms ‘breaking,’ ‘ultimate,’ and ‘limit’ loads are used differently according to indus- 
try practice, the terms used in the remainder of this TP will be defined below. The terms ‘stress’ and 
‘strength,’ as used in this study, will also be defined. 

Breaking load is simply the load at which catastrophic failure of the laminate occurs. For 
a test series with 1 5 specimens, there will be 1 5 unique and distinct breaking loads. 

Average breaking load is the statistic used as an estimator for population mean and is equal 
to the sum of individual breaking loads divided by the number of individual loads. The confidence 
band on the estimate of mean improves with increasing replications and reducing variance. The aver- 
age breaking load can also be referred to as ‘expected’ breaking load. 

Ultimate load (UL) is a statistically based value above which a certain percentage of speci- 
mens are expected to survive with a given confidence level. Typically, a ‘B-Basis value’ means a load 
at which there is a 95% confidence level that at least 90% of the specimens will survive. This value 
is at the lower tail of the breaking load probability distribution. An ‘A-Basis value’ means a load at 
which there is a 95% confidence level that at least 99% of the specimens will survive. 

Limit load (LL) is the maximum load expected on a structure during its design life. In order 
for a structure to have a positive margin of safety, the LL must be less than the UL divided by a fac- 
tor of safety. For the aerospace components mentioned in this study, the factor of safety is 1 .4. Thus, 
LL must not exceed 71.4% of the UL. 

Stress is load divided by the initial cross-sectional area of a specimen. The cross-sectional 
area of all specimens in this study was the same, so transforming between load and stress is straight- 
forward. The symbols for average breaking stress, ultimate stress, and limit stress are a AVG , <7 UL , and 
ct ll , respectively. 

In this TP, ‘strength’ is the <7 AVG of a specimen and, more specifically, compression after 
impact (CAI) strength is the compressive <7 A y G of a specimen that has experienced a foreign object 
impact event. 
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2.1 Effects of Fatigue 


A review of the literature was performed on previous work regarding the detection, measure- 
ment, and consequences of damage growth due to compressive fatigue loading. Tension fatigue and/ 
or the use of artificially induced delaminations, rather than impact damage, where not considered in 
order to keep the literature review as close to the planned experimental part of this study as possible. 

Table 1 summarizes the pertinent results from a variety of compression-fatigue-after-impact 
test programs conducted in the past. The majority of past studies examined specimens with barely 
visible impact damage (BYID). Most components are required and designed to carry the UL with 
BYID. Therefore, past studies have set BVID as the threshold for allowable damage size. Table 1 
presents compression load as a percentage of the average (or expected) breaking load of a sample 
with the same level of damage so a direct comparison between studies could be made. In some cases, 
this percentage had to be calculated from the data since compression fatigue amplitude as a percent- 
age of average strength was not always explicitly given and is detailed in the footnotes below the 
table. The cycles to failure column presents the highest and lowest number of cycles to failure, which 
typically corresponds to the lowest and highest loads in the previous column. It was of interest to 
see if other experimental programs found damage growth (using any nondestructive technique), so 
a ‘growth detected’ column was added. 

Since two of the studies used variable amplitude fatigue spectrums, the maximum amplitude 
in the spectrum is presented. The corresponding cycles are the numbers of cycles to this maximum 
load, while no other load excursions are counted. The results are presented as the number of ‘pro- 
grams’ that survived. Each program had 200 excursions to the maximum amplitude load and the 
necessary conversions were made to fit the data into table 1 . 

Only three studies in table 1 published data for compression stress amplitudes <60% of the 
predicted static CAI stress. In these three studies, the specimens all experienced no deleterious effects 
when fatigued <60% of the static strength value. This is indicative of the good fatigue properties of 
composites in which the fibers have a crack retardation effect for the multitude of matrix cracks that 
form during fatigue as demonstrated by Reifsnider 19 ’ 20 and Kunz. 21 One of the earliest realizations 
noted over two decades ago was that =60% of static CAI failure stress is the ‘lower boundary of 
a fatigue failure regime.’ 16 The lower bound of 60% of static CAI failure stress was also suggested in 
reference 8, which found that, in addition to this lower bound, compressive stress ranges (difference 
between consecutive stress levels) on the order of 20% could also be eliminated from the fatigue load 
spectrum since they have no deleterious effects. Also of note are the results of fatigue data published 
in which damage initiated from the free edge of impact damaged test specimens 22 or cutouts 23 before 
any growth was seen in the impact damage area, indicating that free edges may be more of a fatigue 
concern than impact damage. 

When examined on a basis of damage severity, the fatigue life of laminates tends to improve 
(i.e., the S-N curve gets flatter as more damage is induced). 2 ’ 13 ’ 15 The static compressive strength 
drops with increasing damage but the effects of fatigue are diminished. This leads to the conclusion 
that the undamaged case will be the most conservative when examining the fatigue life of expendable 
structures in compression. 
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Table 1 . Summary of compression fatigue after impact data from the open literature. 


Type Specimen 

Compression 
Amplitude Range* 

Cycles to Failure 

Compression Strength 
if Survived Fatigue* 

Growth Detected 

48-ply AS4/3501-6 2 

88-97 

496,509-533 

N/A 

No 

8-ply sandwich AS4/3501-6 2 

73-112** 

oo***_5(oo = 60,000) 

-109* 

6 of 17 

48- and 42-ply AS4/350 1-6 (blunt impact) 3 

71-81 

00 (°° = 1 million) 

N/A 

1 of 4 

48- and 42-ply AS4/350 1-6 (penetration impact) 3 

64-73 

00 (°° = 1 million) 

N/A 

4 of 4 

48-ply IM7/HTAC (thermoplastic) 4 

60-78 

2 million-200 

N/A 

No 

48-ply IM7/BMI 4 

71-90 

1.5 million-1,000 

N/A 

Yes 

16-ply IM7/PEEK 5 

60 

00 (°° = 1 million) 

-100 

No 

16-ply IM7/epoxy 5 

60 

00 (°° = 1 million) 

-110 

3 of 17 

T50/934 6-ply tubes 6 

75 

°°-8,931 (°° = 1 million) 

100 

No 

48-ply IM7/8551-7 7 

68-75 

301,000-7,050 

N/A 

N/A 

32-ply AS4/3501-6 8 

30-80 

°°-136 (°° = 1 million) 

105 

Yes above 70% 

21-ply T300/914 9 

67-97 

781,321-2 

N/A 

Yes near failure 

16-ply AS4/8552 10 

75-85 

1,000 (°° = 1 million) 

N/A 

Yes at 85% 

4-ply sandwich carbon/epoxy fabric 11 

20-90 

°°— 2 (00 = 150,000) 

70-115 

N/A 

48-ply HTA/6376 12 

60-90 

00-120 (°° = 1 million) 

N/A 

Yes near failure 

24-ply UT500/QU1 35-1 97A 13 

79-98 

-5,000-150 

N/A 

Yes 

32-ply AS4/PEEK 13 

66-98 

-900,000-60 

N/A 

Very Little 

2-mm-thick T300/vinylester fabric 14 

60-80 

-1 million-300 

N/A 

No 

16-ply carbon/epoxy5t 15 

62-80 

°°-9,000 (°° = 1 million) 

N/A 

No 

56-ply XAS/914C 16 

88§ 

107,600-6,800 

N/A 

Yes 

56-ply XAS/914C 17 

88§ 

30,000-600 

80-89 

Yes 

32-ply IM7/3501-6 18 

74-84 

00 -33,500 (°° = 1 million) 

121-134 

No 

32-ply IM7/8551-7 18 

33-78 

00 -4,330 (°° = 1 million) 

90-109 

No 


*Values given as a percentage of the average static CAI strength. 

**Values can be >100% due to scatter in the static data not being accounted for. 
***oo implies runout. 

tGrowth detected on all samples tested post fatigue. 

^Details on material not given. 

§Maximum value of spectrum loading. 


In the only study that saw any damage growth at a load value <60% of the static strength 
value, the specimens were first preloaded in a block loading at high fatigue amplitude >60% in order 
to initiate damage growth. 22 However, according to reference 1, loading was on a ‘failed’ specimen. 

Another interesting result seen in table 1 is that the strength after fatigue was the same or 
higher than the expected static CAI strength in most of the studies in which the residual compression 
strength of fatigued specimens were tested. This was most pronounced in reference 1 8 for a brittle 
matrix composite. The authors in this study did not conclude a physics based reason for this; how- 
ever, they did mention that such results were found for tension testing of open hole laminates. 24 ’ 25 
These strength improvements due to fatigue were seen even when damage growth had occurred. 
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For the studies in which damage growth did occur, the growth was seen to occur near the 
end of the load spectrum with damage rapidly increasing as failure was reached. This indicates that 
determination of a ‘no-growth’ threshold strain will be difficult to determine. A thorough treatment 
of the evolution of impact damage growth is given by Chen et al. in which the damage growth is seen 
to occur in three distinct phases as shown in figure 2. 10 By utilizing real-time acoustography, more 
detailed information about the damage size could be made without unloading and reloading speci- 
mens. For constant amplitude fatigue loading at amplitude 75% or less of average CAI strength, no 
growth occurred before runout, which was considered 1 million cycles. For specimens that did dem- 
onstrate damage growth (80% and 85% of average CAI strength) a three-phase growth pattern was 
observed. Phase 1 shows rapid growth before slowing dramatically. During this period, the increase 
in impact damage size is due to a change in shape of the impact damage in which the planar area of 
damage simply achieves smoother edges. 



Figure 2. Schematic of impact damage growth showing three phases during fatigue testing. 

Phase 2 consists of the vast majority of the life of the specimen and is a period of very slow 
growth until phase 3 is reached. At this point, the growth of the impact damage area becomes rapid 
near the end of the life of the specimen. Phase 3 growth, which is easier to detect using more conven- 
tional nondestructive evaluation (NDE) techniques, has been seen in other studies that do not have 
the fidelity to observe the phase 2 slow growth . 8 ’ 9 ’ 16 A study that used digital speckle photometry 
also showed three regions of damage growth like that illustrated in figure 2. 12 These results indicate 
that determination of a ‘no-growth’ threshold strain is more difficult to define than it is for metals. 
‘No detrimental growth’ is a more accurate term for composites since rounding (the formation of 
smoother areas of the planar area of damage) of the damage area can be beneficial to residual com- 
pression strength of impact damaged laminates. 2 ’ 5 ’ 8 ’ 11 ’ 18 

Reference 1 does not mention tension or in-plane shear after impact for launch vehicle 
hardware that is driven by either of these two types of loading. It has been shown that static 
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compression after impact strength degrades more than static tension after impact strength for 
a given level of damage severity; 26-31 therefore, compression of a damaged laminate will be of more 
criticality than tension of a laminate with the same level of impact damage. The tensile aspects of 
a structure designed primarily for tensile loads, such as a rocket motor case, should be considered 
since tensile and compressive failure modes are different and independent in composite laminates. 32 

2.2 Load Spectrum 

The number of cycles, amplitude, and R-ratio at which to test specimens after impact will 
obviously depend upon the application and hardware in question. Virtually all of the current knowl- 
edge and literature on this subject is from the aircraft and rotorcraft industry. Conservative measures 
are used because the manufacturers of airplanes and helicopters do not know the specific load profile 
of each flight or how long one flight may last. Since expendable launch vehicles have a value of one 
flight/life, requiring four lifetimes to account for material variability and a given number of excur- 
sions to design limit load per flight ( n ) results in An cycles at LL to demonstrate fatigue life. Since the 
part is not to be used again, phase 2 nondetrimental damage growth is of no practical consequence. 

The order of applied loads is not critical for spectrum fatigue loading of composites . 8 ’ 16 ’ 1 7 
Thus, to facilitate fatigue testing, the highest loads are tested first to accelerate the testing process. If 
the highest blocks of loads do not cause degradation or failure, the lower loads are removed from the 
spectrum. 33 

As an example, the load spectrum for the composite interstage for the Ares I launch vehicle 
is shown in figure 3. As can be seen, the structure will experience one cycle at LL and two cycles at 
a value >50% of LL, thus simplifying the fatigue spectrum as shown in figure 4. 
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Figure 3. Load spectrum for Ares I interstage. 


A launch vehicle structure will typically only experience a few cycles near LL values. Fur- 
thermore, it has been demonstrated that detrimental damage growth is not observed at load levels in 
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LL 



Figure 4. Simplified load spectrum for the Ares I interstage. 

a structure designed to accommodate damage. Therefore, it is not necessary to fully develop the 
curves shown in figure 1 for single-use launch vehicles. By treating the structure as statically loaded, 
the curves in figure 1 can be greatly simplified. 

2.3 Limit Load (Stress) Value in Design and the Need for Compression Fatigue Data 

The structural LL is the maximum load that is predicted for the structure to withstand during 
operating conditions. Design teams use this value, coupled with the material capability, to develop 
hardware sizing information. Typically, the structural LL is used, along with the required safety fac- 
tor, to determine the UL for use in design assessments or hardware test programs. The design UL is 
then compared to the material UL capability as the primary measure for structural capability. 

Alternatively, a value for material limit stress (or load) may be developed and used as 
a direct comparison to the structural limit stress (or load). The material LL is the measure of ulti- 
mate strength for the required safety factor and will be designated as cr LL in this TP. For manned 
spaceflight hardware, the required ultimate factors are 1 .4 and 2 for net section and discontinuities, 
respectively. Ideally, the design is optimized to minimize weight such that the structural limit stress is 
only slightly lower than the material limit stress. 

The material cr UL calculated is usually a ‘basis’ value at which only 10% of the specimens 
(B-Basics) are expected to fail. For the composite laminate planned for the acreage of Ares I Upper 
Stage Interstage, this basis value for CAI loading is =86% of the average CAI strength (for any dam- 
age severity). 34 Thus, the material limit stress (cr LL ) for net section acreage capability in this particu- 
lar case is calculated by 

°ll =0 .86/1 .4 (CAI avg ) = 61 .4% of average static CAI strength . (1) 
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Once the safety factors and basis values are accounted for, the <r LL is 61.4% of the average 
static CAI strength, and stresses (loads) above this value result in a negative margin of safety. If one 
accepts the premise that compression fatigue load values <60% of the average static CAI strength are 
not significant for an impact-damaged laminate, 8 ’ 16 then it appears that compression-compression 
fatigue testing becomes unnecessary. Moreover, reference 10 indicates no damage growth prior to 
1 million cycles at constant amplitude compression fatigue loads below 75% of the average CAI 
static strength. These data are especially relevant for expendable launch vehicles that experience 
a limited number of fatigue cycles. Exceptions may exist for rotating parts or hardware subjected to 
high vibratory frequencies resulting in a substantial number of fatigue cycles (>1 million cycles). 

While most of the CAI strength data are from tests on coupon-size specimens, the static 
residual strength has been shown to be insensitive to specimen size and curvature. 35 No observed 
growth on numerous subscale and two full-scale test articles of the Boeing 777 empennage structure 
were reported. 36 
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3. EXPERIMENTAL 


The premise that fatigue testing will reduce to the static case for compression-dominated 
loads on expendable launch vehicles was examined using a series of tests at NASA Marshall Space 
Flight Center (MSFC). CAI strength was the property of interest in this study since (1) compression 
strength values are most affected by impact damage and (2) the hardware in question, an interstage, 
is a heavily compression-dominated structure. 

3.1 Static Testing 

A CAI map was generated in a previous study in which static residual strength as a function 
of various impact parameters was presented. 37 The results showed that damage width, as measured 
by NDE, and incident energy of impact were two parameters that gave the most reliable residual 
compression strength data. The correlation between these measures of damage severity and visual 
damage is ongoing as BVID is a nonquantitative, subjective measurement. BVID must be defined for 
a given structure. However, this study is only concerned with post impact fatigue behavior that can 
be presented as a function of static residual strength for any given level of damage. The results from 
the static strength study are presented in figure 5 for reference purposes. 



Figure 5. Residual strength (CAI) curve for the Ares I interstage acreage material. 
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As figure 5 shows, the static compressive load-carrying capability of the sandwich structure 
drops with increasing impact energy. The testing in this study examined the effects of fatigue on 
the life of the sandwich panel where the fatigue stress amplitude was measured as a percentage of 
expected cx UL . 


3.2 Cyclic Testing 

Constant amplitude cyclic loads were established for a given damage size based on a percent- 
age of B-Basis UL or LL. In this study, the B-Basis load was found to be 86% (A-Basiswas 75%) of 
the expected failure load. Thus, B-Basis UL is 86% of static CAI strength and B-Basis LL is 61% of 
static CAI strength for any given impact energy. It was decided to test the impact damaged laminates 
above the B-Basis LL in order to produce a level of conservatism. Since previous work found that a 
difference of 20% between peak compression amplitudes had no effect on damage size or residual 
strength, 8 a much larger compression fatigue load difference of 90% was chosen in an attempt to 
force a change in damage size and residual strength. 

3.3 Materials and Specimens 

The materials and specimens used in this study were identical to those used for the static test- 
ing. They will be briefly reviewed here. 

The specimens consisted of composite sandwich panels that were manufactured by a cocure 
process. The honeycomb core used was perforated 5052 aluminum with a density of 3.1 lb/ft 3 and 
a thickness of 1.125 in. The face sheets consisted of IM7/8552 carbon/epoxy and the film adhesive 
used to bond the face sheet to the core was FM 300K with an areal density of 0.08 lb/ft 2 . The layup 
of the face sheet was (+45, 0,-45, 0,90, 0,0, 90, 0) s . 

Each face sheet had a thickness of 0.115 in. The panels were manufactured as 24- x 24-in 
square sandwich plates. All panels were subjected to NDE using infrared thermography (IRT) test- 
ing to ensure no flaws were present before specimens were machined from the panels. From the 
24- x 24-in panels, 4- x 6-in specimens were machined for impact and subsequent compression testing. 
This gave each specimen a cross-sectional area of 0.92 in 2 , which was used to calculate the breaking 
stresses. 

After impact, the specimens were inspected with IRT and then were prepared for end loading 
compression testing. In order to avoid premature failures due to end brooming, the loaded ends of 
the specimens were potted in an aluminum frame and machined to a tolerance of ±0.001 -in parallel- 
ism. Details of the specimen geometry are published elsewhere. 34 

3.4 Nondestructive Evaluation Testing 

The damage in the specimens was assessed with IRT. IRT is an NDE technique that uses 
a sensitive infrared camera to monitor heat dissipation from a surface induced with a flash of heat 
from a quartz lamp. Any areas of damage will dissipate heat at a different rate than undamaged 
material and the results seen are termed ‘indications.’ A typical indication for the type of specimen 
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used in this study is shown in figure 6. This two-dimensional indication assesses the planar area of 
damage with little information about the through thickness characteristics of the damage. Thus, 
damage growth in this study was measured by any increase in the planar size of the indication. 



Figure 6. Typical IRT indication of impact-damaged laminate. 
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4. TEST RESULTS 


Testing consisted of the following three phases: (1) Inducing and measuring impact damage 
size by IRT, (2) fatigue testing and reassessing the damage size, and (3) residual compression strength 
after fatigue. 


4.1 Impact Testing 

A total of 30 specimens were impacted at various levels of impact energies for this fatigue 
study. An impactor with a diameter of 0.5 in was used for all impacts utilizing a drop weight tower 
that is described in more detail elsewhere. 34 Table 2 presents the impact results of the 30 specimens 
used for this fatigue study. The solid line in figure 5 represents the expected cx UL . 

An example of the visual damage that the specimens incurred is shown in figure 7, where 
specimens at the low and high ends of impact energies used are presented. 

4.2 Fatigue Testing 

The maximum compressive fatigue load amplitude was chosen to be more than 100% of the 
B-Basis LL for a given damage size. For this study, constant amplitude fatigue cycles were applied 
with the minimum compressive load always set at 10% of the maximum compressive load for an 
R-ratio equal to 0.1 (a load range of 90%). The loading frequency was 5 Hz. The testing was per- 
formed in two series. The first series cycled 1 5 of the specimens 1 ,000 times. One thousand cycles is 
extreme for the Ares I interstage, given that only a few cycles above 50% of LL are expected (fig. 3). 
If a specimen survived the prescribed 1,000 cycles, it was checked with IRT for damage growth. One 
thousand additional cycles were applied to the specimen with an additional 10% increase in stress 
amplitude. After two cyclic stress amplitude increases for a total of 3,000 load cycles, the specimen 
was tested for static residual compression strength to ascertain any strength degradation due to the 
severe cyclic loading conditions. The results from the first series of tests are summarized in table 3 for 
B-Basis ct ul and ct ll and table 4 for A-Basis ct ul and <J LL . 

All 1 5 specimens survived the 3,000 cycles and no growth of the damage area could be detected 
during any of the three loading phases. Ten percent of the specimens were expected to fail at one 
cycle when the fatigue stress amplitude was 100% of a UL , since this is the B-Basis failure stress. 
Given that the composite interstage structure sees about three load excursions of significance and 
since the structural LL will be less than or equal to the material LL, no further fatigue testing is nec- 
essary to validate the fatigue life of the impact-damaged material of which the composite interstage 
is comprised. Despite this early observation, this study progressed to even more aggressive fatigue 
testing to push the limits since the validity of the design envelope can only be demonstrated by test- 
ing outside of the envelope. 
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Table 2. Impact results for specimens to be fatigue tested. 


Specimen I.D. 

Impact Energy 
(ft-lb) 

Damage Width 
(in) 

Expected Ultimate Stress 
(ksi)* 

F-18-1 

2.6 

0.44 

57.6 

F-18-2 

3.4 

0.45 

51.4 

F-18-3 

3.4 

0.49 

51.4 

F-18-4 

3.1 

0.56 

53.5 

F-18-5 

3.1 

0.49 

53.5 

F-18-6 

4.1 

0.56 

47.5 

F-18-7 

4 

0.51 

48 

F-18-8 

3.9 

0.6 

48.5 

F-18-9 

4 

0.56 

48 

F-18-10 

4 

0.6 

48 

F-18-11 

9.7 

1 

33 

F-18-1 2 

9.9 

0.93 

32.7 

F-18-1 3 

9.8 

0.98 

32.8 

F-18-14 

9.8 

0.89 

32.8 

F-18-1 5 

9.8 

0.89 

32.8 

F2-18-1 

3.7 

0.71 

49.6 

F2-18-2 

4.4 

0.74 

46.1 

F2-18-3 

5.7 

0.96 

41.3 

F2-18-4 

7.9 

0.93 

36 

F2-18-5 

8.7 

0.98 

34.5 

F2-18-6 

8.6 

0.92 

34.7 

F2-18-7 

9.8 

0.98 

32.8 

F2-18-8 

11.1 

0.97 

31.1 

F2-18-9 

11.8 

0.94 

30.3 

F2-18-10 

8.1 

0.9 

35.6 

F2-18-11 

5.4 

0.87 

43.3 

F2-18-12 

6.8 

0.89 

38.3 

F2-18-13 

12.2 

0.85 

29.9 

F2-18-14 

12.2 

0.9 

29.9 

F2-18-15 

12.1 

0.74 

30 


*As determined by reference 37 


For 15 additional specimens, the number of fatigue cycles was increased to 10,000. Only one 
stress amplitude was used since some specimens did fail during the fatigue testing. A summary of 
these specimens is presented in table 5. 

In this series of fatigue tests, 5 of the 15 specimens failed before 10,000 cycles. Two of these 
failed specimens were at the two highest load amplitudes tested. Damage growth was detected on 
only two of the surviving specimens; however, the two specimens exhibiting damage growth main- 
tained a residual strength >96% of the expected static strength. The results are plotted in figure 8 
to observe trends. The number next to each datum that demonstrated failure is the impact energy in 
foot-pounds that the specimen was damaged with. 
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Figure 7 Examples of the visual damage caused by impacts. 


Table 3. B-Basis summary of the first series of fatigue after impacts tests: 1,000 cycles 
per stress amplitude. 


Specimen I.D. 

First Cyclic 
Stress Amplitude 
(ksi) 

Percentage 
°f <J AVG / 
Gbul 1 °BLL 

Second Cyclic 
Stress Amplitude 
(ksi) 

Percentage 
of <t avg / 
GbVL 1 g bll 

Third Cyclic 
Stress Amplitude 
(ksi) 

Percentage 
of ct avg / 
Gbvl 1 °bll 

Percent Growth 
in Area of 
Delamination 

F-18-1 

49.9 

75/87/122 

54.9 

82/95/133 

59.9 

89/104/146 

0 

F-18-2 

43.6 

73/85/119 

47.9 

80/93/130 

52.3 

88/102/143 

0 

F-18-3 

45 

76/88/123 

49.3 

84/98/137 

54 

90/105/147 

0 

F-18-4 

46.5 

75/87/122 

51.2 

83/96/134 

55.9 

90/105/147 

0 

F-18-5 

42.2 

68/79/111 

46.4 

75/87/122 

50.7 

82/95/133 

0 

F-18-6 

34.7 

63/73/102 

38.2 

69/80/112 

41.6 

76/88/123 

0 

F-18-7 

40.9 

73/85/119 

45 

81/94/132 

49 

88/102/143 

0 

F-18-8 

38.7 

69/80/112 

42.6 

76/88/123 

46.4 

83/96/134 

0 

F-18-9 

39.8 

71/83/116 

43.8 

78/91/127 

47.8 

86/100/140 

0 

F-18-10 

39.8 

71/83/116 

43.8 

78/91/127 

47.8 

86/100/140 

0 

F-18-11 

20.5 

53/62/87 

22.5 

58/68/95 

24.6 

65/75/105 

0 

F-18-12 

25 

65/76/106 

27.5 

72/84/118 

30 

79/92/129 

0 

F-18-1 3 

23.5 

66/77/108 

28.2 

74/86/120 

30.7 

81/94/132 

0 

F-18-14 

23.5 

62/72/101 

28.2 

74/86/120 

30.7 

81/94/132 

0 

F-18-1 5 

25 

65/76/106 

27.5 

72/84/118 

30 

78/91/127 

0 
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Table 4. A-Basis summary of the first series of fatigue after impacts tests: 1,000 cycles 
per stress amplitude. 


Specimen I.D. 

First Cyclic 
Stress Amplitude 
(ksi) 

Percentage 
of <t avg / 

°AUL /o ALL 

Second Cyclic 
Stress Amplitude 
(ksi) 

Percentage 
of ct avg / 

°AUL /o ALL 

Third Cyclic 
Stress Amplitude 
(ksi) 

Percentage 
of ct avg / 

°AUL /o ALL 

Percent Growth 
in Area of 
Delamination 

F-18-1 

49.9 

75/100/140 

54.9 

82/109/153 

59.9 

89/119/166 

0 

F-18-2 

43.6 

73/97/136 

47.9 

80/107/149 

52.3 

88/117/164 

0 

F-18-3 

45 

76/101/142 

49.3 

84/112/157 

54 

90/120/168 

0 

F-18-4 

46.5 

75/100/140 

51.2 

83/111/155 

55.9 

90/120/168 

0 

F-18-5 

42.2 

68/91/127 

46.4 

75,100/140 

50.7 

82/109/153 

0 

F-18-6 

34.7 

63/84/118 

38.2 

69/92/129 

41.6 

76/101/142 

0 

F-18-7 

40.9 

73/97/136 

45 

81/108/151 

49 

88/117/164 

0 

F-18-8 

38.7 

69/92/129 

42.6 

76/101/142 

46.4 

83/111/155 

0 

F-18-9 

39.8 

71/95/133 

43.8 

78/104/146 

47.8 

86/115/161 

0 

F-18-10 

39.8 

71/95/133 

43.8 

78/104/146 

47.8 

86/115/161 

0 

F-18-11 

20.5 

53/71/99 

22.5 

58/77/108 

24.6 

65/87/121 

0 

F-18-12 

25 

65/87/121 

27.5 

72/96/134 

30 

79/105/148 

0 

F-18-13 

23.5 

66/88/123 

28.2 

74/99/138 

30.7 

81/108/151 

0 

F-18-14 

23.5 

62/83/116 

28.2 

74/99/138 

30.7 

81/108/151 

0 

F-18-15 

25 

65/87/121 

27.5 

72/117/134 

30 

78/104/146 

0 


Table 5. Summary of the second series of fatigue after impacts test. 


Specimen I.D. 

Max Compressive 
Stress 
(ksi) 

Percentage of 
GaVG^BUL^BLL 

Percentage of 

°AVG /o AUL /o ALL 

Number of Cycles 
to Failure 

Percent Growth in Area 
of Delamination 

F2-18-1 

43.1 

75/87/122 

75/100/140 

3,339 

N/A 

F2-18-2 

37.5 

70/81/113 

70/93/131 

9,147 

N/A 

F2-18-3 

27 

56/65/91 

56/75/105 

Survived 10 4 

0 

F2-18-4 

28 

67/78/109 

67/89/125 

Survived 10 4 

0 

F2-18-5 

25.7 

64/74/104 

64/85/119 

Survived 10 4 

0 

F2-18-6 

28.8 

71/83/116 

71/95/133 

Survived 10 4 

0 

F2-18-7 

26.8 

71/82/115 

71/95/133 

Survived 10 4 

0 

F2-18-8 

26.4 

73/85/119 

73/87/136 

Survived 10 4 

0 

F2-18-9 

28.6 

81/94/132 

81/108/151 

Survived 10 4 

47 

F2-18-10 

33.9 

82/95/133 

82/109/153 

8,223 

N/A 

F2-18-11 

35.9 

73/85/119 

73/97/136 

Survived 10 4 

0 

F2-18-12 

34.2 

77/89/125 

77/103/144 

Survived 10 4 

0 

F2-18-1 3 

29.3 

83/98/137 

83/111/155 

Survived 10 4 

93 

F2-18-14 

29.8 

86/100/140 

86/115/161 

8,312 

N/A 

F2-18-15 

30.9 

89/103/144 

89/119/166 

3,341 

N/A 
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Figure 8. Plot of results from table 5. 


From this plot, the only basic conclusion that can be drawn is that, in general, higher fatigue 
loads are more detrimental. It also appears that the level of impact damage has no effect when the 
fatigue stresses are based as a percentage of predicted CAI strength. Although the evaluation and 
quantification of any possible trends would require additional specimens, the number of cycles expe- 
rienced by expendable launch vehicles is very low with stress amplitudes generally <60% of c UL . 

The IRT results of a typical specimen and the two specimens that exhibit damage growth are 
shown in figure 9. The dotted oval in each left image is superimposed over the corresponding image 
on the right to give a qualitative measurement of damage growth. 


The IRT technique is not as precise at quantifying damage size as some types of NDE. How- 
ever, IRT is the most likely candidate for use in the field, so it was employed here. 


4.3 Residual Strength Testing 

Table 6 shows the results from the static compression strength testing of the specimens in this 
study that survived the fatigue loading. 

The conclusion drawn from this testing is that fatigue tends to increase the compression 
strength of damaged material. This phenomena has been observed in other studies that examined 
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No Cycles 10,000 Cycles 

Specimen F2-18-9 



No Cycles 10,000 Cycles 

Specimen F2-18-13 


Figure 9. IRT results of a typical specimen (no growth) and the two specimens 
that exhibit damage growth after 10,000 cycles. 


the residual strength of specimens that had survived a fatigue regimen. 2 ’ 5 ’ 6 ’ 8 ’ 11 ’ 18 Only one reference 
could be found where fatigue decreased the CAI strength of the laminates. 17 In that reference, the 
high amplitude loads were held for 120 s, perhaps indicating a creep rupture phenomena that may 
need to be explored for parts experiencing long dwell times at UL. 
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Table 6. Static compressive breaking stress of specimens that survived all fatigue series. 


Specimen I.D. 

Residual 

Compression Strength 
(ksi) 

Percent of Expected Residual 
Compression Strength (cr AVG ) 

F-18-1 

73.7 

111 

F-18-2 

74.6 

115 

F-18-3 

71.2 

116 

F-18-4 

64.9 

117 

F-18-5 

69.1 

113 

F-18-6 

59.9 

108 

F-18-7 

62.1 

105 

F-18-8 

64.7 

122 

F-18-9 

61.4 

110 

F-18-1 0 

63 

119 

F-18-11 

49.7 

136 

F-18-1 2 

49.1 

127 

F-18-1 3 

48.2 

130 

F-18-14 

38.3 

96 

F-18-1 5 

46.6 

117 

F2-18-3 

46.8 

98 

F2-18-4 

41.6 

100 

F2-18-5 

38.1 

95 

F2-18-6 

39.5 

98 

F2-18-7 

41.1 

108 

F2-18-8 

38.1 

105 

F2-18-9* 

33.9 

96 

F2-18-11 

45.4 

92 

F2-18-12 

39.5 

89 

F2-18-13* 

36.6 

105 


*Specimen exhibited damage growth. 
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5. DISCUSSION 


In assessing the damage tolerance approach to human-rated expendable launch vehicles 
according to reference 1 , it is evident that the required coupon-level testing reduces to a static case. 
The aspects of repeated loading will have no effect on the composite laminate when compressive 
in-plane loading is involved. Using conservative assumptions, no more than three cycles to LL are 
expected for the Ares I composite interstage. Thus, the number of fatigue cycles used in this test pro- 
gram where high by at least two orders of magnitude. 

All evidence from this and past studies indicate that compression fatigue loading will increase 
the residual strength of the material. Also, once cyclic loading has ceased to increase the residual 
compression strength, the residual compression strength reverts back to the static case. Thus, static 
residual strength is a lower bound for laminates used in expendable load vehicles and development 
of figure 1(a) is unnecessary. 

Figure 1(b) can be simplified since the diagram will consist of data in unrealistic regions 
of stress amplitude and/or number of cycles to LL as shown schematically in figure 10. Figure 10 
combines some of the values given in the references in table 1 with the data in this study. No growth 
or failures occurred after 10,000 cycles at loads as high as 60% of the expected average failure load, 
which represents the approximate greatest allowable LL for a given damage size. 
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The necessity of constructing figure 1(c) is dubious, as specimens that exhibited damage 
growth were stronger than equivalent ones that were not fatigued. In addition, detection of damage 
growth is difficult and has been shown to occur either at the early stages of a specimen’s fatigue cycle 
(which is associated with an increase in strength) or near the end of a specimen’s life (when failure is 
catastrophic), and the number of cycles to failure cannot be predicted with any semblance of accu- 
racy due to the large amount of scatter in the data. Because of the rapid growth at the end of life, the 
number of cycles to failure is difficult to predict making end-of-life growth measurements difficult. 
The first two of three phases of fatigue life illustrated in figure 2 were demonstrated in this study. 
Phase 1 was demonstrated by the 1,000-cycle specimens getting stronger and phase 2 was demon- 
strated by the 10,000-cycle specimen’s strength remaining the same. 
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6. CONCLUSIONS 


From this study, it appears that all fatigue load cases can be considered static for expend- 
able launch vehicles subjected to in-plane compressive loads. The number of cycles is low and the 
maximum applied stress is just at the level needed for fatigue failure. Tight corners, ramps, and 
other discontinuities may be affected by fatigue loading but the in-plane CAI properties are not. If 
a subcomponent or full-scale static test shows out-of-plane failure, then fatigue loading may be of 
a concern; however, if an out-of-plane failure occurs, the part may need to be redesigned. Thus, 
fatigue testing is unnecessary above the coupon level. 

The data from the experiments in this study corroborate with those from other studies in 
which a fatigue limit above 60% of CAI strength exists for laminates. In this particular case, since 
runout was reduced to 10,000 cycles, the fatigue limit was >80% of CAI strength, which should never 
occur in a launch vehicle structure since structural LL is, at most, equal to the material UL reduced 
by a safety factor that makes the maximum allowed load about 61% of average CAI strength. Other 
conclusions from this study include the following: 

• Setting a prescribed number of loads and load amplitudes based upon the load spectrum of the 
component to test fatigue life should take place on a case-by-case basis to provide more flexibility 
than setting fixed numbers such as presented in reference 1 . 

• Undamaged specimens have a steeper S-N curve and indicate that specimens that are impact 
damaged are less affected by fatigue. Thus, any fatigue tests that are warranted should occur on 
undamaged specimens to obtain a ‘worst case’ life curve. 

• Impact damage growth cannot be used as a clear degradation parameter since most laminates that 
showed growth had improved or exhibited no change in CAI strengths. 

• A full-scale fatigue test is not needed for a composite structure provided that the development and 
full-scale static tests are successful This same conclusion was reached by those who originally were 
responsible for developing the load enhancement factor approach for composite laminates. 38 
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